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that predicted by a simple continuation of the 0.6 Mach number results.
This change in the wing root bending moment characteristics between

0.6 and 0.9 Mach number indicates that the flow separation precipitating
buffet onset is different for these two flow conditions.

Wing buffet onset angles of attack and 1ift coefficients obtained
from analyses of the pitching moment characteristics for each of the
camber configurations investigated in the LRC test series are presented
in Table 3. These results show that, at 0.6 Mach number, changes in
leading edge camber can produce an increase in the angle of attack for
buffet onset. This type of camber effect indicates that the flow
separations at this Mach number are of the leading edge type and more
specifically, since the maximum camber change occurs near the tip, the
initial separations must also occur on the outboard portion of the wing.
Experimental wing pressure distributions obtained at this Mach number
exhibit characteristics consistent with these conclusions. At 0.9 Mach
number conditions, results from the wing pitching moment analyses
indicate that changes in leading edge camber had little influence on
the buffet onset angle of attack. Trailing edge camber variations also
had little effect on the angle of attack for buffet onset at both 0.6
and 0.9 Mach number. Indeed the observed effect of trailing edge camber
variations is a reduction in the buffet onset angle of attack with
increases in trailing edge camber (see Table 2 for relative camber
comparisons). Experimental wing pressure obtained at 0.9 Mach number
indicate the shock waves in the wing flow field are of greatest strength
in the mid to outboard portion of the wing. If the wing buffet
characteristics at this Mach number are produced by a shock induced type
separation, as indicated by the wing pressures, then the results in Table
3 indicate the initial separation occurs on the outer wing in the region
least affected by trailing camber variations.

23




—r——

TABLE 3 J
PREDICTED BUFFET ONSET FROM PITCHING MOMENT CHARACTERISTICS |

i
MACH NUMBER %
CONFIGURATION 0.6 0.9 i
ANGLE OF LTFT ANGLE OF CTFT §
ATTACK, DEG | COEFFICIENT | ATTACK, DEG | COEFFICIENT {
LO/TO 5.4 0.39 3.5 0.31
L5/T0 6.7 0.48 3.6 0.3]
L6/T0 7.3 0.52 3.7 0.32 |
LEADING ;
frae L2970 75 0.53 3.5 0.30 |
CAMBER ,
ViR TAT o | L28HTE 8.1 0.56 3.5 0.30
L24/T0 7.8 0.55 4.0 0.34 |
L28/T0 7.3 0.53 4.2 0.37 i1
L8/TO - " 4.1 0.34 '
L6/T0 7.3 0.52 3.7 0.32
ki | 66/ER) 7.3 0.63 3.4 0.43
EDGE
chssEn | L6/T) 7.0 0.67 3.4 0.51
VARIATION [ ¢/710 6.7 0.71 3.2 0.56
L6/T15 6.4 0.85 2.7 0.63 i
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2.2 Reynolds Number Effects

Prior to use of the wing aerodynamic characteristics determined
from the LRC wind tunnel tests in the aircraft application studies of
this program, an assessment of the effects of Reynolds number differen-
ces between wind tunnel and flight must be considered. The primary
effect of Reynolds number variations are reflected in changes in wing
boundary layer transition location, turbulent boundary layer growth
and initial turbulent boundary layer separation. When significant
variations in wing boundary layer characteristics are incurred by
differences in tunnel and flight Reynolds numbers, wing force and buffet
onset characteristics can be appreciably altered. Changes in wing 1ift
and pitching moment characteristics result from the effective airfoil
geometry modification caused by the addition of the streamline displace-
ment thickness, &*, which alters the wing pressure distribution. Drag
is directly influenced by the Reynolds number effects on local skin
friction and the extent of laminar flow and indirectly by the change in
effective airfoil geometry which alters the pressure drag component.

The impact of wind tunnel and flight Reynolds number differences
upon wing buffet onset characteristics is strongly dependent on the
type of flow separation encountered. As indicated in Section 2.1,
laminar boundary layer separations and to a major extent shock induced
flow separations are independent of Reynolds number variations.
Turbulent boundary layer separations of the trailing edge type are,
however, sensitive to Reynolds number variations.

Evaluation of Reynolds number effects upon the LRC wind tunnel
test results included in the present program studies involved analytical
predictions of the boundary layer characteristics for representative
wing camber distributions at both tunnel conditions and flight altitudes
of 20,000 and 30,000 feet. As will be shown the changes in wing boundary
layer displacement thickness due to the Reynolds number differences were
small enough to be ignored. Consequently, Reynolds number corrections
to the experimental 1ift and pitching moment data were not necessary.
Similarly, the types of flow separation predicted in these boundary layer
analyses indicated that the experimentally defined buffet onset conditions
are not sensitive to Reynolds number differences. The analytical
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techniques employed in reaching these conclusions consisted of two
three-dimensional potential flow methods, a two-dimensional boundary
layer method and a method for predicting sectional drag characteristics.
The following paragraphs provide a discussion of the investigation
techniques employed, analysis results, and the experimental drag data
corrections developed for use in the subsequent aircraft application
studies.

Predicted Wing Pressure Distributions

The potential flow techniques used in this program to provide the
pressure distributions necessary for investigations of wing boundary
layer characteristics were the Hess method, References 6 and 7, and the
Bailey-Ballhaus method, References 8 and 9. The Hess method, which is

applicable to wing-body configurations, provided the pressure predictions
at 0.6 Mach number. Due to the unavailability of a similar method
applicable to wing-body configurations at supercritical flow conditions
involving embedded shock waves, the isolated wing coding of Reference 9
was utilized for pressure predictions at 0.9 Mach number.

The Hess method is explained thoroughly in References 6 and 7 and,
thus, a detailed description is not presented in this report; only a
discussion of the applicability to the present study. The method as
described in Reference 6 solves the incompressible potential flow
problem, however, the versicn utilized in this study contained a modifi-
cation which incorporated a Gothert compressibility correction. One of
the prime considerations involved in use of this program concerns
definition of the proper geometric modeling of the configuration under
consideration. The method provides an "exact" solution of the potential
flow equation providing the number of panel elements used in the geometric
model is essentially infinite. In practice, however, an infinite number
of elements is impossible to attain due to limitations of computer
storage capability and execution times. Therefore the proper utilization
of the Hess method requires that a geometric model be developed which
adequately represents the desired confiquration without exceeding the
above computer constraints. The skewed hingelines for the Vought
variable camber wing leading and trailing edge flap segments introduce a
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further constraint upon the geometric model options since element lines
must be included which coincide with these hingelines. As will be

shown, the variable camber wing geometric model developed for use in the
Hess program adequately represented the wing from the leading edge to
approximately the 75% chord line. Aft of this chord line, however,
experimental and predicted pressure comparisons indicate that the
representation may have been degraded by the limited number of chordwise
elements. The agreement between experimental and predicted pressures

for the wing camber distributions included in the boundary layer investi-
gations is discussed in the following paragraphs.

Figure 11 presents a comparison of Hess Predictions to wind tunnel
data for the LO/TO wing camber configuration at approximately the wing
mid-span station (n=.40), and an angle of attack of 3.95 degrees. This
figure, which is typical of the low angle cases, illustrates the above
comments quite well. When the angle of attack is increased above
approximately 5 degrees for this particular case, some viscous phenomena
appear at the upper surface leading edge which alters the leading edge
pressures. Since the Hess routine is strictly potential flow, the
calculations begin to diverge from the wind tunnel data as shown in
Figure 12. However, for this configuration, the buffet onset angle
of attack is approximately 5 degrees, so the primary region of interest
is adequately calculated by the Hess program. Another comparison of
experimental data to calculated results for this wing camber configura-
tion at a spanwise station, n=.85, is shown in Figure 13 indicating
results similar to those of Figure 11.

The comparisons presented in Figures 11 through 13 are typical of
the results obtained from the Hess program for the uncambered wing
configuration. As a consequence of the relatively good correlation, the
Hess geometric model was considered to provide an adequate representation
of the wing leading edge pressures which would allow realistic predictions
of the laminar boundary layer characteristics. As was noted earlier and
as shown in these figures, discrepancies between calculated and experimen-
tal pressures are more severe in the vicinity of the wing trailing edge.
These differences were considered to be sufficiently small that the
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FIGURE 11 COMPARISON OF EXPERIMENTAL AND CALCULATED PRESSURE
DISTRIBUTIONS FOR CONFIGURATION LO/TO AT M=.6, a=3.949, n=.4
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predicted incremental changes in wing boundary layer characteristics
due to Reynolds number variations would not be substantially altered.
Figure 14 presents a comparison of experimental pressure data and
analytical predictions for a wing configuration involving leading edge
camber, configuration L6/T0. Differences between experimental results
and calculations in the vicinity of the upper surface leading edge are
illustrated in this figure which were not observed in the previous
comparisons. This disagreament is attributed to be at least partly the
result of the requirement for the geometric model panel edges to coincide
with the camber segment hinge lines. This requirement produces a de- ‘
graded leading edge representation at this span station. For other f
span stations better correlations between the experimental and predicted
pressures are obtained near the leading edge as illustrated in Figure 15.
Even at this more outboard span station, however, the calculated pres-
sures deviate from experiment in the immediate vicinity of the leading
edge; possibly again due to the geometric model used in the Hess method
finite element problem formulation. Conversely, the 1imited number of
experimental pressures in the jeading edge region does not permit a |

P ver

e o e A

firm exclusion of the possibility that viscous effects are the source
of the observed pressure differences.

Predicted and calculated pressure comparisons for the final wing
camber configuration (L6/T15) considered in evaluating Reynolds number
effects are presented in Figures 16 and 17. This configuration involves
both leading and trailing edge wing camber. Differences are noted in
both the leading and trailing regions for this configuration and angle |
of attack. The discrepancies for the outboard wing station (n=0.7)
leading edge pressures are most certainly the result of a viscous
phenomena so limited agreement is expected in this region. Although
perhaps not as obvious, viscous effects in all likelihood are the
primary cause of the leading edge pressure differences observed for the
more inboard wing station, Figure 16. In the trailing edge region the
calculated pressure deviations from experimental may again be due in
part to the geometric model but the experimental trailing edge measure-
ments also indicate that a flow separation has occurred at both wing
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Figure 37 are normalized by the exposed wing area and the aircraft
performance studies were performed using coefficients normalized by the
theoretical wing area (i.e., including wing area submerged in the
fuselage), drag corrections developed from Figure 37 were further
modified by the following relationship.

SW
Exposed
ACD = ACD ( )
PRN Pexp SwTheoretical

The specific values for the drag corrections established from these
analyses are:

ACDPRN = -.0008 at M=0.6

-.0011  at M=0.9

I PR p—
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2.3 Tunnel Interference Investigations

Wing-body and isolated wing configurations were examined in these
program studies to determine the effect of tunnel interferences upon the
wing performance characteristics during the LRC test series. Emphasis
during these studies was placed upon identifying the effects of the LRC
test non-metric body wing support fairing. The examinations of this
program consisted of both analytical predictions and comparisons of the
analytical predictions with experimental results. Potential flow
methods were used in the analytical investigations with the predictions
at subsonic Mach numbers being obtained from the Hess routine and from
slender body theory for the transonic flow conditions. Experimental
isolated wing test data used in these interference studies were obtained
from a prior Vought wind tunnel test conducted in the NASA Ames Research
Center (ARC) 14 foot transonic wing tunnel. The wing model in this test
series was identical to that used in the LRC test program. Comparison
plots of the wing force characteristics for the three wing camber con-
figurations common to both test series are presented in Appendix A.

Analytical Predictions

The non-metric body influence upon wing performance during the LRC
test series was predicted using potential flow methods. In order to
estimate these interference effects at 0.6 Mach number, the Hess routine
was used to predict both wing alone and the LRC wing-body configuration
aerodynamic characteristics for the LO/T0, L6/T0, and L6/T15 wing camber
configurations. Incremental differences between these predictions were
interpreted as the body interference effect and are presented in Figures
38 through 40 as a function of angle of attack.

As discussed in Section 2.2, the Hess routine is essentially an
incompressible method which has been modified at Vought to incorporate
compressible effects through the use of the Goethert rule. The computa-
tional method is a finite element approach with the elements located on
the physical surface. Non-1ifting solutions converge to an exact
solution as the number of computational elements becomes infinite. ihe
1ifting problem, however, is more complicated in that the wake location
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is not known a priori. In theory the wake location and shape could be
determined in the course of the solution but the techniques for correctly
accomplishing the wake computations are beyond the present state of
computational development. The Hess program avoids this wake computation
by assuming a wake geometry which trails behind the 1ifting surface along
a bisector of the trailing edge or along an input direction. Errors in
the wake geometry should have little effect upon isolated wing aerodynamics
provided the wing sweep and angle of attack are not large. Since the
wake geometry is dependent upon the 1ift developed, wake geometry assump-
tions may be of significance in predicting the flow field around the body
aft of a 1ifting wing which would also influence the body interference
effects upon the wing. For the computations of this study, the wing
wake was approximated by the bisector of the trailing edge since
investigations to identify the effect and/or best wake geometry assump-
tions were beyond the scope of the present program.

The predicted effect of the LRC test body upon wing 1ift presented
in Figure 38 is shown to be predominantly an increase in the slope of
the 1ift curve. This effect is to be expected due to the increase in
effective span for the wing body configuration. The tendency of the
predicted incremental interference 1ift to have less than a linear
variation with angle of attack may be a reflection of the wake geometry
used in the computations rather than an accurate reflection of the
physical body interference. A small change in the body interference
induced 1ift is observed to occur as a result of changes in the wing
camber distribution. This predicted characteristic is suspected to be
caused by the finite number of panels used in the computational geometric
model to approximate the LRC body. The fact that leading edge camber flap
deflections produced as much change in the body induced 1ift as trailing
edge camber flap deflections, which are nearer the body, raises the
question as to the validity of the predicted variation of body inter-
ference with wing camber configuration. Because this effect was small
no effort was made to resolve the question and an average effect for all
configurations was considered satisfactory. This average interference
curve is also shown in Figure 38.
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The effects of body interference upon wing drag are illustrated in
Figure 39. These effects can be separated roughly into two parts. The
first is an apparent drag reduction at zero angle of attack which is
strongly dependent on the wing camber configuration. The test body
included an asymmetric area ruling which produced crossflow velocities
of differing sign at the wing leading and trailing edges near the body.
The net effect of this flow field change results in a wing thrust at
zero angle of attack. As indicated in Figure 39, the body induced wing
thrust was not altered significantly by changes in the wing leading edge
camber geometry since these changes in geometry are concentrated near
the wing tip. Trailing edge camber variations which are concentrated {
nearer the body would be expected to influence the body induced crossflow f
effects near the trailing edge and thus strongly influence the predicted
wing thrust. Results shown in Figure 39 are consistent with this expected
effect.

A1l potential flow drag computations suffer from the absence of
viscous effects which, near zero 1ift, must be the dominant contributor
to the wing drag force. The very body induced velocity field which
produces the apparent wing thrust also affects the wing boundary layer
and resulting skin friction drag. Thus. the magnitude of the predicted
configuration effects upon the interference drag increments must be
considered as suspect unless verified by experiment. The correlation of
these predicted effects with experiment are included in discussions
presented later in this section.

An additional observation concerning the interference drag increments
shown in Figure 39 should be mentioned. The predicted wing thrust
results from the body influence upon the wing. A related effect, not
addressed here, would be the wing influence upon the body which must be
a drag. The net result of the combined wing-body interferences is not
necessarily a reduction in drag at zero 1ift for the overall vehicle in
comparison to the sum of the drags for the individual isolated configura-
tion components.

The second observed body interference effect upon the wing drag is
an approximate quadratic angle of attack variation of the incremental




drag. The incremental wing drag expected from the body induced incremen-
tal change in wing 1ift has been included in Figure 39 for comparison
with the Hess routine predictions. This comparison shows that the Hess
routine predicts an increase in wing drag of lower magnitude than that
predicted based upon the body induced increase in wing 1ift. The lower
drag prediction results from the attendant effective increase in wing
span for the wing-body configuration. The fact that a different angle
of attack variation of the incremental drag was obtained for the three
different wing camber configurations must be regarded with some suspicion.

Due to the Tow thickness ratio of the Vought variable camber wing,
drag computations are quite sensitive to the finite element analysis
approach. Because of machine storage and cost factors, definite limits
exist as to the number of geometric elements which can be included in
the computations. In particular, the wing leading edge is difficult to
reproduce with sufficient accuracy to correctly model the leading edge
suction effects and, therefore, the efficiency of 1lifting wings is rarely
accurately predicted from integration of surface pressures. Consequently
further efforts to define the change in the body induced wing drag
variation with angle of attack for different wing camber configurations
was not considered warranted ard the current analysis results were used
to establish an average body induced drag angle of attack variation for
all configurations.

Predicted body interference effects upon wing pitching moment
characteristics, Figure 40, show that the general effect of the body

influence induces a positive increment in the wing pitching moments
referenced to 25 percent of the mean geometric chord. These predictions
show that the change in wing pitching moment is relatively insensitive
to variations in leading edge camber but is sensitive to the amount of
wing trailing edge camber. As expected from the linear nature of the
body influence upon wing 1ift, the initial incremental pitching moment
exhibits a linear angle of attack variation. Deviations from a linear
variation at the higher angles of attack result from an apparent aft
shift in the wing-body center of pressure.

Classical pitching moment predictions based upon potential theory,
neglecting the wake effects, only vary with twice the angle of attack.
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Consequently, without the wake effects, little deviation from a linear
pitching moment variation is expected in the 0 to 10 degree range of
angle of attack. The apparent aft shift of the wing-body center of
pressure observed from the Hess computations suggests that the inter-
ference effect is associated with a wing wake interaction with the body.
As previously indicated such interactions may involve some error due to
the assumed wake geometry. Consequently, the predicted interference
results shown in Figure 40 may be increasingly in error as angle of
attack increases. Consistent with the approach used in both the inter-
ference 1ift and drag studies, the body effects upon pitching moment were
considered to be a camber configuration dependent effect at zero angle
of attack and an effect at angle of attack which is independent of the
wing camber distribution. The variation of the average body induced
pitching moment with angle of attack developed in this manner is also
illustrated in Figure 40. As will be shown later, the predicted
configuration dependent body effect at zero angle of attack did not
correlate with experimental results, thus, further studies to quantify
the moment increment variation with trailing edge camber were not
pursued.

The method of Pitts, Nielson and Kaattari, Reference 12, was used
in these interference studies to estimate the LRC body influence upon
the wing characteristics at 0.9 Mach number. Consistent with the methods
of Reference 10, the incremental wing 1ift induced by the body is given
by:

ac = € [kyegy-te + CLO[kw(B)"]
o

LinT
where CL is the exposed wing 1ift curve slope
CLa is the exposed wing 1ift at zero angle of attack
+ % is the angle of attack

K i K are interference factors defined in
W(B)* "W(B) Reference 12.

This equation indicates the same general interference effects as obtained
from the Hess method at 0.6 Mach number. The last term is a configuration
dependent effect at zero angle of attack which is small because the

interference factor kN(B) is approximately equal to 1.0 regardless of




the wing-body configuration. Since CLa is independent of wing camber
distribution, according to 1ifting surface theory, the angle of attack
dependent term is also independent of wing camber configuration.

Using the method of Reference 12 to express the total 1ift of the
LRC test wing-body configuration in terms of the exposed wing 1ift and
the classical induced drag relation to wing 1ift and downwash, the body
induced incremental wing drag is defined by

2 2
6 [Kwsb ey g 1}(1 6 ["usb 5 e J
o KN(B)Yb*'r‘)Zew(B) (6] ZB‘H‘; e
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where b is the exposed wing semi-span
1 is the body radius
I is the 1ift efficiency of the wing-body system
ey is the 1ift efficiency of the isolated wing
(CDi)w is the induced drag of the isolated wing
KwB and kw are total interference factors defined in
Reference 12.

Reference 12 does not provide information required to define the 1ift
efficiency ratio required in this equation. The general body effect,
obtained from cross flow analysis methods, is a reduction in 1ift over
the body with the loss in 1ift at the body centerline proportional to
the ratio of the body radius to wing semi-span. Thus, to a first order
approximation, the total Toss in 1ift is proportional to the square of
the ratio of body radius to wing semi-span; i.e.,

e
B~ q .

)
ew r+b
The form of the expression defining body effects upon wing drag indicates
that the body influence is linearly dependent upon the isolated wing
induced drag provided the wing camber distribution induces only small

values of 1ift at zero angle of attack. The formulation of body effects




in terms of the isolated wing induced drag was used in the present
studies because of the expected variation of wing efficiency with angle
of attack and this form permits use of experimental data which include
this variation.

Reference 12 also contains slender body estimates of wing-body
configuration pitching moments; however, for the present analyses a
simplified form of those results was developed. This approach was based
upon the slender body theory considerations which permit the 1ift due
to angle of attack of a wing-body system to be expressed solely in
terms of the ratio of body radius to wing semi-span. With the assump-
tion of a constant body radius, the wing pitching moment about the wing
apex can be expressed in integral form in terms of the axial rate of
change of the ratio of body radius and wing span. The solution of this
integral equation for a delta wing, assuming body 1ift independent of
axial distance, was used to estimate the aerodynamic center of the wing
in the presence of the body in terms of the isolated wing aerodynamic
center. This estimate of wing aerodynamic center along with the pre-
viously indicated 1ift relationship allows the body interference upon
wing pitching moment to be expressed in terms of isolated wing

characteristics;
(xac) X
3ie ry? W R
(ACy ) =~[—+(—)] - K -1 =1 c
My INT 4is S cp [ W(B) ] o L,
where s is the total wing-body system span, r+b

(xac) is the isolated wing aerodynamic center relative
W to the wing apex

Xp is the moment reference point relative to the
wing apex
R is the moment coefficient reference length.

It should be noted that this form of the slender body theory predictions
does not yield an indication of the body effect on pitching moments at
zero angle of attack and implies that the body interference upon pitching
moment varies linearly with angle of attack. As a consequence, of the
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limited correlation of this predicted effect with experimental results
discussed in subsequent paragraphs further refinement of this approach
to include effects at zero angle of attack was not considered justified.

Experimental Results
Test data for three wing camber configurations investigated in both

the LRC test series and an isolated wing test series conducted in the
NASA Ames Research Center (ARC) 14-foot transonic wind tunnel were
analyzed during these program studies to verify and/or supplement the
prediction of the body interference effects during the LRC tests. Force
data for these wing configurations are included in Appendix A. Since
these tests were performed in different facilities the question of
general tunnel interferences was also addressed.

Goethert, Reference 13, suggests that data obtained in a good
transonic tunnel would be essentially free of tunnel interference
provided that the blockage is less than one percent and the wing span
is less than half the tunnel width. The Vought variable camber wing
installation in the ARC transonic tunnel amply satisfies these criteria.
Some peculiarities, however, have been noted in the ARC test results
which are discussed below. The wing-body installation during the LRC
test series violated both of the general requirements for interference
free test results in that the blockage was approximately 1.4 percent
and the wing-body span was approximately 60 percent of the tunnel width.
Consequently closer examination of the blockage and span to width ratio
effects for this installation were required and are also discussed in
later paragraphs of this report section.

Examination of the 1ift characteristics for configuration LO/TO
at 0.6 Mach number shows that some unexpected effects were present in
the ARC isolated wing test results. Isolated wing experimental results
are compared with predictions from the Hess routine in Figure 41.
Examination of the predicted and experimental 1ift curves indicate
expected variations except for the experimental 1ift at zero angle of
attack. Since this wing configuration was symmetric, no 1ift would be
expected at zero angle of attack. Thus, the validity of this non-zero
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value of 1ift is highly questionable. A similar comparison between
predictions from the Hess routine and data for configuration LO/TO
obtained in the LRC test series is also shown in this figure. This
comparison of the wing 1ift indicates a variation more consistent with
expected results. The potential flow predictions overestimate the 1ift
curve slope at both high and low angles of attack and underestimates
the slope at intermediate angles where vortex 1ift might be expected.
The presence of the non-metric body did produce a non-zero value of
1ift at zero angle of attack in both the predicted and experimental
results but the magnitude is small in comparison to the value indicated
from the ARC test results.

The angle of attack for zero 1ift observed in the ARC test results
(e 0.5 deg.) is considered too large to attribute to tunnel asymmetries.
Also, since precautions were taken during the ARC test series to insure
that wing camber flap deflections were within a tolerance of 0.1 degrees,
the observed effect is too large to be attributable to wing camber
differences. As shown in Figure 41, however, application of a constant
11ft increment to the ARC test data produces the same relative correlation
between the experimental and predicted isolated wing results as was
observed in the LRC test data.

While the zero angle of attack measurements for configuration LO/TO
suggest that the ARC test results may be in error by a constant 1ift or
angle of attack increment, results for the leading edge camber configura-
tion, L5/T0, indicate a different error magnitude as well as an error
variation with Mach number. Because of this result and the 1imited
number of configurations available for comparison, it was not possible
to conclusively determine either the source of the suspected error or
if the error varied during the course of this test program. As a
consequence of these observations, other program studies using the
experimental data to define body effects, assumed that a random error
may exist in the ARC force measurements which precludes use of these
data to define body effects at zero angle of attack but does not affect
the validity of using the data to define the angle of attack variation
of body interferences.
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Reference 14 contains recommended model size 1imits for testing at
0.95 Mach number in the LRC 8 foot transonic tunnel. These limits
restrict wing area to 288 square inches, wing span to 50 inches, model
length to 60 inches and total tunnel blockage to 0.5 percent of the test
section area. This model length restriction is not considered applicable
to the LRC variable camber wing test series because of the nature of the
wall mount used. The recommended blockage limits would be expected to
increase due to the reductions in test Mach number. Also, the wing area
and span limitations, which are related, are strongly dependent upon the
1ift levels expected during testing.

Goethert, Reference 13, indicates that the tunnel wall interference
effects, which are related to ratio of wing span and tunnel width, are
definable in terms of a correction to the effective wing angle of attack;

§ A

W
Aa = - €
8 AT

L

where Aw is the wing area
AT is the tunnel cross-sectional area
§ s a tunnel correction factor.

One function of the slots in a perforated transonic tunnel is to reduce
the value of & and permit testing of larger models than would otherwise
be possible. For a wing of small span in a circular slotted tunnel with
11 percent open area, Goethert predicts a value for & of approximately
-0.25. Using this value for the 8-foot tunnel correction factor along
with the appropriate wing and tunnel areas results in a predicted angle
of attack correction due to wall interference effects during the LRC
test series of less than 5 percent of the wing induced angle of attack.
Since the experimental wing buffet onset 1ift coefficient at 0.9 Mach
number was less than 0.65 the magnitude of the downwash correction is
predicted to be less than 0.15 degrees. Corrections of this magnitude
would have a negligible effect upon the pertinent LRC test results.

As the wing span to tunnel width ratio increases, tunnel wall inter-
ferences may exceed the above estimate at the wing tip. An additional
evaluation of the tunnel wall effects can be obtained from comparisons
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of wing pressures measured in the LRC and ARC tests. Body interferences
included in the LRC data have been predicted to involve effects of two
types; the body induced upwash and the increased wing vortex span. Of
these two effects only the increased vortex span should be significant at
the wing tip where wall effects would be the greatest. The effect of the
increased vortex span is predicted to cause a reduction of approximately
0.7 degrees in the induced angle of attack at the wing tip for a 1ift
coefficient of 0.63. Figures 42 and 43 present the chordwise pressure
distributions obtained at the 0.85 and 0.95 span stations of configura-
tion L6/T11 for a Mach number of 0.9. At this angle of attack condition,
the isolated wing produced a 1ift coefficient of 0.63. Wing pressures
from the LRC test series included in these figures were obtained at an
angle of attack of 5.01 degrees. The agreement between these wing
pressure distributions indicates that the wing tip was at approximately
the same effective angle of attack. Consequently, the downwash angle

at the wing tip for the isolated wing test conditions was approximately
0.91 degrees larger than that for the LRC wing-body configuration. In
view of the previously discussed 0.5 degree angle of attack uncertainty
in the ARC test results, this experimental downwash difference agrees with
the predicted vortex span effects. Based upon these observations, the
span to tunnel width ratio of the LRC test was judged tc be sufficiently
small to permit use of the test data without tunnel wall downwash corrections.

Data presented in Reference 13 indicate that 1imits upon model size
due to blockage considerations can be increased by a factor of four if
the test Mach number is reduced from 0.95 to 0.90. Therefore, the
Reference 14 recommended model blockage at 0.95 Mach number would
correspond to approximately 2.1% at 0.90 Mach number. Since the model
blockage at zero angle of attack during the LRC test series was
approximately 1.4%, blockage effects upon the test results should not be
significant at low angles of attack.

Barnwell, Reference 15, indicates that one effect of slotted tunnel
walls is a reduction of the extent of the sonic region at transonic
conditions. This effect becomes significant when the sonic region would
be expected to extend beyond the tunnel walls. Thus, tunnel blockage
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effects should become significant for model angles of attack that are
sufficient to produce a sonic region which extends to the tunnel wall.
Results from the Bailey-Batlhaus transonic coding, Reference 9, have
been used in these studies to define the level of wing 1ift for which
tunnel blockage becomes significant. Predicted flow field character-
istics for configuration L6/T11 at angles of attack of 0, 2, and 4
degrees and a Mach number of 0.9 have been analyzed to define the
extent of the wing sonic region as a function of wing 1ift. These
predictions indicate that the height of the sonic line is approximately
proportional to wing lift coefficient; with the height of 29.78

inches corresponding to a coefficient of 0.436. Since the test section
of the LRC tunnel is actually 7.1 feet in height, the analytical results
indicate blockage effects would begin to be significant at a 1ift
coefficient of 0.624. This level of wing 1ift is above that for buffet
onset for all configurations investigated in the LRC test series except
configuration L6/T15.

Based upon the results presented in the preceding paragraphs, data
obtained in the LRC wind tunnel test program are judged as free from
general tunnel interferences and, thus, data corrections for such effects
are not required for the aircraft application studies of this program.

Body Effects Upon Wing Buffet Onset
Analyses of camber configuration influences upon wing buffet onset

angles of attack discussed in Section 2.1 indicate flow separations on
the outboard portion of the wing are the primary source of initial wing
buffet. This region of the wing is least affected by the upwash
generated by the non-metric body. Consequently, the principal body
influence upon wing buffet results from the increase in configuration
span which causes a reduction in the downwash in the tip region of the
wing-body configuration relative to an isolated wing. Thus, for buffet
onset to occur at the same effective wing tip angle of attack, buffet
onset for the isolated wing would be expected at a higher geometric
angle of attack but lower wing 1ift coefficient.

Wing pitching moment characteristics were used in the manner
described in Section 2.1 to assess the body influence upon wing buffet




onset. Wing pitching moment variations with angle of attack for the
camber configurations common to the LRC wing-body and ARC isolated wing
test series and Mach numbers of 0.6 and 0.9 are shown in Figures 44
through 49. These results show that the body influence produces a
positive increment in the wing pitching moment and, prior to buffet,
alters the pitching moment rate of change with angle of attack. After
buffet onset, however, the body has little effect upon the moment rate
of change with angle cf attack. The change in body influence before
and after buffet onset allows the wing-body configuration pitching moment
breaks to be more accurately defined than for the isolated wing
configurations. The relatively gentle change in the pitching moment
characteristics causes some increased uncertainty in the buffet onset
angles of attack for the isolated wing confiqurations.

Table 4 provides a comparison of the experimentally defined buffet
onset angles of attack for the wing-body and wing alone configurations.
The expected tendency for the isolated wing buffet onset to occur at
higher angles of attack is suggested by these data. The theoretical
change in downwash at buffet onset is estimated to be less than 0.5
degrees and, thus, is of the order of magnitude of the experimental
differences. The apparent data scatter, however, precludes a firm
definition of this angle of attack trend.

The aircraft configuration considered in the studies of this
program and described in Section 3.1 has a body radius to wing semi-span
ratio only 27 percent less than the LRC test configuration. Thus, the
changes in the wing tip induced angle of attack and hence changes in the
body influence upon the angle for buffet onset would be significantly
less than the differences shown in Table 4 and, therefore, within the
inherent uncertainty in the buffet onset determination. Consequently,
the buffet onset angles of attack established from the LRC test results
have been used without correction in the aircraft application studies of
this program.

Comparison of Predicted and Experimental Bedy Interferences
1f, as suggested in previous discussions, the ARC isolated wing test

data include a random angle of attack error, then corrections for this
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